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DEMGRSTRATION GE A PULSIHNG LIOUID HYDROCEN/LIQUID OXYCEN THRUSTLER

PN, Here* and T, Schoenman**
*MASA-Lewis Research Center
Eaetojel Ligard Rockel Lompany

Abstract

Successtul operstion of @ pubsing liquid hydrogen/liquid
oxveen attiude control prapuision system thruster (1250 Ihe)
4t eryopeme et conditions while maintaining high specific
impulse and low impulse bit capability has been demonstrated
under 1 technolopy contriaet, This demonstration is the result af
4 continumg  search for o simple, lightweight and  high
performance  reaction contral systeim concept amd s oan
advancement an o the  state-olf-thesart of  auxilary  enpinge
technology. The use ot cryogenic hquid propeflants with
putsesmode rocket engines has heretofore only been possible
with the aid of heavy and complex propellant conditioning
cquipment to convert the cryogenic hiquids to gases.

Significant  technical advances  and  departures  from
conventional injeetor design practices were necessary in order (o
achicve an operable thruster, These advancements were achieved
through  extensive analyses of heat transfer and  spjector
munifold prining that established the baseline Feasibility for an
actial hardware design, Promising reselts from the thermal
analysis,  subscale  injector chilldown  tests, and ignition
expenments i cryogenic propellant teniperatures (LS0TR
ovyeren, 43°R hydrogen) led o the generation of two injector

design concepis.

The primary subject of this paper s the result of the
expermmental  evaluation ot the 45°R hydrogen inlet
temperature injector concepi. The iest nustriy consisted of 66
hot tiring tests in a heat sink thrust chamber.

The testing of a complete {ilm cooled thruster assembly at
dmulated  altitude conditions will complete the scheduled
technology clfort.

A summary of analytical and expertmental phases of the
Lguid/liguid thruster technology efforts will be discussed in this
paper

Introduction

During the early phases of the Space Shuttle vehicle
defnition and  propulsion  system studies (19710, several
candidate suxiliary propulsion system concepts were proposed
and evaluated by both the NASA Centers and vehicle contracuure
specialists 1223 From  these  exiensive study  and  vehicle
optimization clforts, it was concluded that the lightest weight
Atntude Control Propulsion System (ACPS) for the Space
Shuttle application {1.5 to 2.3 million Ib-sec total impulse)
would be a liquid hydrogen/liquid oxygen (L/L} system of the
type shown schematically in Figure . it was suggested that this
could be a near ideal system if 1t could be made to work in a
aatisfactory  manner®. However. major  technical questions
concerning the feasibility and operability of such a system had
not been previously addressed and, therefore, many techmcal
ssues such as 1gnition and transient-flow characteristics of the
cryovenic hquid propellants remained unresolved

.
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An extensive  technology  progrim was indtiated by
NASA-Lewis in June 1972 (NAS3.16775) 1o resolve several of
the basic technical isstes asociated with a LiL Attitude Controt
Propulsion System thruster concepl. Some of the critical
technology issues to be avestipated weres low temperniture
jgretion (liquid  propellant inlet conditions), pulse mode
operation, delivered perfarmanse, combustion stability 4.5, amel
thruster heat rejection rates to the propellant feed bines.

The speeific technical issues wery combined inte four
bramd technical sreas for parametrie analyses, These areas were
(13 thruster themmal management, (21 ignition requirements and
timitations, (3) performance and operational characteristics, and
(4) thruster component and leed systeny interaetions. The
results of these parametric analyses provided design guidanes in
determining  which  key technology areas  had o Ine
demonstrated  and aided in the formulation of preliminary
design coneepls,

In addition 1o the extensive analytical effort, two critical
experimental activities were conducted in support of the
parametric analyses prior 1o design coneept selections, First, a
series ol fgnilion Jimil experiments was undertaken tovarify the
analvtically  predicted  limits of ignitability  of eryopenic
hvdrogen/oxvgen  mixtures, Other  experimenis mvestigated
chilldown and priming charseteristics o both peechilled and
low thermal capacity manifeld coneepts,

Thruster design configurations. bused on the resulls al the
ahove  analyses  and  experiments, were  generated. Fach
canfiguration wis analyaed in detail using un engine simulation
model 1o predict flL jgnition and shatdown transients, The
nomine! design point, operating runge, performance, and
respoise goals selected by NASA Tor the demonstration enpine
are provided i Table 1, The designs were tailored 1o A5°R
hydrogen and 150°R oxygen ut the propellant vilve inlets, The
45°R hydrogen inlet temperature was selected for the nominal
design  point of the L/L injector because  all system
considerations analyzed?.3 indicated 45°R would be a realistic
temperature at which the hydrogen could be held in the vehicle
supply system and, therefore, supplicd 1o the thrusters. One
injector/thruster design was fabricated and hot fired.

The following sections of this paper highlight the technical
cfforts which brought the advanced thruster technology nto

reahity,

Thruster Configuration

Overall Thruster Analysis and Requirements

Analvtical assessments of all major fechnical areas of
concern associated with liquid hydrogen/ligeid oxygen thruster
concepts were conducted early in the mvestigation to narrow
down the number  of conceptual  possibilities.  Several
independent  analyses  related  speafically 1o ignition
requirements, thermal management (propellunts and hardware):

“ 41 conard Schoenmzn, Project Manager. Aerojet Liguid Rocket Compan,
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injector design synthesis, thrust chamber cnoling and feed
svstem lnteraeiions were condueted 1o find un aveeptable mateh
ob hardware with the overs¥ thnuster aperating ©

(Table 1).

wnts

Injector/thruster concepts were evatuated in which cither
propellant could be injected as received from the feed lines (e
as a cryogenic liguid), or could be converted from a liquid 1o
gas prior to injection. This conversion to gas could be
accomplished by using the heat reiected from a partial
regeneratively-cooled  thrust chamber during  steady-siaie
operation, and by using residual energy in the thruster during
start transients, Other concepts evaluated included those having
the propellant valves located upstresm of downstream of the
chamber cooling jackets and the use of an interpropellant heat
exchanger integral to, or separate from, the injector,

The results of these carly analyses indicated  that
liguid-phase oxidizer injection was most desirable in order to
have fast response and low minimum impulse  bits; this
requirement would make it necessary to maintain the oxygen in
a high density liquid phase through the injector, Tt was also
determined that the internal volume and heat transter sutluce
area ¢ e oxidizer manifold had te be minimized in order 1o
nrodi s the desired pulsing characteristics over the wide range
w. . alet temperatures specified in Table 1. Results of these same
anaivses indicated the hydrogen side of the injector manifeld
would not be as critical in terms of volume because of the lower
fuel density (=1/20 that of LOy) and the higher cffective throst
derived from residual hydrogen compared to residual oxvgen in
the injector manifold. Thus minimizing the oxygen nianitold
volume was a design driver. The LH density change due to heat
absorption in the injector manifold was more critical than that
of the LO,. These two considerations ultimately dictated the
propellant valve and manifold masses. shapes and locations.

Results of this analysis alsu indicated that the physical
state of the propellants to the igniter assembly could not be
guaranteed because of the low flow rates and wide range of
duty cycles. Thus. an igniter design which could operate in the
L/L, G/L, or G/G mode was requuired.

Thrust chamber cooling analyses indicated & simpic
film-cooled thrust chamber could probably provide teasonable
performance and life magins while still meeting the operational
requirements of both pulsig and steady-state modes of finng

ignition Considerations

lgniter  design considerations  included energy level
requirements. propeliant flow and mixture ratio requirements.
ignition sources, propellant inlet sequencing, overall total
ignition energy  requirements (torch vs. other igniter
approaches) and inlet temperature and  chamber  pressure
limitations.

Preliminary ignition system analyses and Jaboratory scale
ignition experiments indicated that it would be extremely
difficult 1o control the density of the small quantities of
propeliant reaching the igniter, [t was, therefore, necessary 1o
develop  an  igniter  design that  could function  nzarly
independently of the physical state or quaniity of the
propeilants being supplied to it. Two criteria were established

for uny igniter design: [irst, that the mixture ratio in the
Primary ignition rone showld be eentered in the Braad band of
the O dpnitability viees (2904, whiielh corresponds 1o a
mixture ratio (MR) of about =u. b Aned second, thal the total
energy level of the igniter torch should be sufticiently high,
even in a low flow (vapor restricted) condition, to ensui
reliable ignition of liquid phase propellants in the thruster.

An igniter design that could provide reliable and rapid
thruster ignition while aceepting Hy and Oy ina gas, Hquid, or

two-phase state was  configured bused on MR and flow
requirements and the successful results af the high MR spark
gap, capacitive discharge ignition  system previously

developed T4, The only operational constraint assumed was
that both fuel and oxidizer must be supplicd to the jgniter
assembly at close to the same temperature, This could be
accomplished easily by the use of tangent or coaxial fred lines
or other forms of an interpropellant heat exchanger. Since the
fow rates of propellants employed in the jgniter are very small
(0.1 W/sec), such a deviee would also be very small.

Spark encrgy effects were investigated experinentally and
i was concluded that 10 m of spark energy was sulficient (o
provide reliable ignivon ander all circumstanees whee an
ignitable mixture was present in the spark gap arci.

The complete ignition system consists of five major
components: (1) a spark plug, (2 valves, (3¥ o body that forms
or contains all manifolding and seals, propellant metering ard
injection orifices, a platform for mounting the spark plug and
valves and all necessary ‘instrumentation ports, (4) o hydrogen
cooled nickel chamber, and (5) a high vollage capacitanee
discharge power supply.

In the selected igniter design concept, shown in Figure 2,
the fuel flows from an annular manifold into parallel coolant
and injection flow passages. A small portion ol the hydrogen
(107 is injected into the igniter chamber where it inpinges on
the spark-excited oxygen, producmy ignition within the igniter
at a high mixture ratio (=40:1). The bulk of the huel (9097)
bypasses the primary reaction zone (kernel zone) and is used as
ieniter coolant. This fuel coolant is Jducted down slotted
passages formed between the igniter combusiion chamber sleeve
and the internal cavity of the injector Gigmiter pott) into which
the igniter assembly is inserted, The passipe dnncngighs swere
selected Le provide adequate conyvective couling of the ipnites
combustion chamber that contains the Jugh mixture ratio hot
gas, The coaxial core (MR 40) aind coolant streams partially mix
when the enolant sleeve 18 terminated upstream of the jgniter
throat. The secondary fuel added to the oxidizer rich vore ruises
the torch combustion temperature and Tl cools the igniter
throat. The hot (2 4500°R) gases from the igniter toreh provide
the energy source for thruster ignition. This oxidizer-augmented
spark-torch igniter concept which was developed under contract
NAS3-143487 , was redesigned tod aceept both gas and liquid
phase propellants; provide proper cold fow pressure over the
total propellant temperature range af interest (37°R-530°R);
integrate the valves to reduce dribble velume; and interface with
a liquid hydrogen/liquid oxygen injector concept. The flow
characteristics of the oxidizer-gap. capacitive discharge spark,
torch-igniter  design - were madified 1o provide an ignitahle
propellant mixture ratio in the spark gap (eore) region
varied from a MR of 20 to 60 us the propellant temperatures




varlod within their socciflad runges, The dgniter wan ulwo
desdinied 1o provide acequste total flow to isnite ihe thruster
with corseaponding vaiistions in overall MR from 2 (3000° 1) 10
ME 6 (6I0UTR).

The variations of i miter propellant Now, mixture ratio and
PLowith propellant temperature are shown in curves A, Band C
of Figure 3. Curve A shews that the total propellnt flow
through the ipniter lecreases as the temperature ol the
propellants increase. A large uncertainty in flow exists i the
two-phase oxidizer region, The minimum flow, even in a full
vapor restricted  condition  (gas-gas), s noted o be
approximately an order of magnitude greater than the value
required for thruster ignition. Significant variations in the
igniter mixture raiio are also te be neted (curve By uld ratios are
readily ignitable. A total MR of 2.5 {eors = 28) Qs indivated
when hoth progellants arc in the liquidous state. The total MR
fises with increasing  supply  lemperature and reiches
maxtmum af 5.8 (core = §8) when the oxidizer is liquid and the
fuel is supercritical gas. The MR then drops rapidly with
increasing temperature as the oxidizer also becomes a gas to
MRoof 20 (core= 20 Curve € of Figure 3 shows the
relationship of P with propellant flowrate which ubo
decreases as the flow rate was reduced, but still within the
amequenching and apark standel? propellant cold How
Iimmtations.

Injector Design Considerations

Detailed feasibility analyses were conducted on several
candidate injector start concepts {i.c., dry start and prechilled)
in conjunction with suitable thruster designs. The following
items were evaluated: Injector element type, manifold design,
propellant distribution techniques, propellant freezing within
injector body, injector Tace temperature profiles, injector
material selections {considering low vs, high conductivity
materials), injector perfermance predictions, injector transient
flow considerations, fill times, flow instability fendencies,
propeltant pressure drops, velocity rutios and propellant density
effects- all at the operational conditions specified in Table 1.

Any LH;/LO; pulsing injecter design concept must
consider several potential thermal management problems: {1}
freezing of the exidizer by exposure o the temperature of the
fuel (45°R), (2) warming or vaporization of the {uel by heating
from the oxidizer. (3) warming or vaporization of both the
oxidizer and fuel by heat contained in the injector body. Fora
dry start, nonprechilled manifold design, the last of the above
three problems is the most difficult to soive. If not resolved
satisfactorily, uncontrolled propellant density  changes will
accur that will seriously affect thrust level, mixture ratio, and
pulse profiles. Uncontrollable propeflant flows would result in
the following detrimental thruster behavior:

4. Poor pulse repeatability and erratic startup and
shutdown transients,

b.  Erratic ignition.

¢.  Low pulse specific impulse,

d.  Local injector and chamber overheating.

Satisfactory theoretical solutions to these problems were
found by: (1) minimizing the thermal energy mput from the
combustor to the injector in both steady-state and transient

pparutiong, and {3) contralhng ihe Fiiv al whish the endrpy
stored i dhe lgectyr hardware dy translerred to e propellants
during thrusler  #laslug, The geaeratlon of fulideable pid
dusable desipn coteepts et would satisly these sequiionnis
required  careful attention 1o propelant manilold  design,
injector face cooling, and injector/thruster interface, Severul
baseline injector concepts were cvalualed inoan  engine
simulation model that computed the startup, ignition, and
shutdown transients. ‘The resuits of this feasibility analysis
indicated the desired objectives cauld probably be achieved by
either of two different design approaches shown in Figure 4: (1)
Prechilled Manifold {fig. 4a) - conventionally constructed and
manifolded dusigns, prechilied by propellant recireulation lo
aliow rapid resposnse: and (2) Low Thermal Capacity Manifold
(ig.  4b) designs which do uot require  temperature
conditioning and which are fabricated from thin walled tubulur,
platelet or honeycombed materials, or design that utilizes
internlly wsulated manifold designs of materials having very
low thermal conductivities,

The prechilled manifold approach maintains the valves.
injector manifolding and igniter at cryogenic temperature such
that the injector Is chified and ready Lo fire at all tmes, The
femperature  conditioning  is  obtained by low  welocity
revitenlation of propetlants througly special injector malekly
and back through the vehicle feed system. In this design, cach
cooled injector manifold is thermally isolated from each other,
the surrounding structure and as much ag possible from the
injecter face by thermal standoffs, Propellants to be combusted
are routed from the manifolds to the face through long
thin-wall tubes, which reduce heat flow from the warm injector
face back to the manifold, Caleulated heat leaks for this
concept, i.c., heat that would be transferred back to the feed
system by recirculation, were found to be 20 to 30 BTU/br
(prefire condition) which is at least an order of magnitude
greater thay the systems study? considered acceptable.

The low thermal capacity manifold upprmﬁdoes noet
employ propellant recireulation fo keep the injector cald.
Instead, it utilizes a thermal standofT between the valve and
thruster manifolds so that propellants may be maintained as
liquids at the valves for Jong periods with minimal heating from
the injector or thruster, 1t was analytically predicted that this
design concept would have slightly poorer start and pulse
characteristies  than the ¢hilled design, Tt does. however,
significantly reduce the heat leak to the propellant feed system
for the same manifold volume (=2 BTU/hr/thruster). In order
to obtain a fast and repeatable starting characteristic from
nonchilled injector with liquid propellants, it was deemed
necessary to limit the heat input to the incoming propellants by
coating the propellant flow passages with a thermally insulating
material, such as sprayed on teflon®, or devising o manifold
structure of very low total heat capacity, Both approaches
would accelerate the internal surface chilldown and reduce
propellant vapor generation during the start transients, A review
of the anticipated fabrication difficulties that could be
encountered with the application and durability of a thermally
insulating material made this approach less desirable and,
therefore, it was dropped in favor of the low thermal capacity
design using a  double-walled  manifeld  concept.  Injector
chilldown cold-flow experiments were conducted to aid in
selection bBetween the prechilled manifold concept and the low
thermal capacity manifold concept.



For the Jow thermal capacity coneept, o usiguy dual-wall
daifeld  wias devised, whigh employs ocally  supported
0,008k, hick stainless steel manifold Hiners, us shown in Flgure
&, ‘The support spaelng und digmeler was bused on atragturid
analyses and permits cafe manifold operation up o 1000 pudy
Experimentsl data from the dual wall manifold chilldown tests
are also shown in Figure 5, in which the initially ambient
femperature dual watll manifold is exposed to sudden lows of
LO, (2166°R) at pressures of 483, 750 and 1110 psi, These
tests demonstrated the structural durability of the dual wall
manifold design concept and showed that the actual chilldown
rates were generadly faster than the predicted values, Manifold
surface temperatures reached the LO; liquidous temperature
within 0.020 scconds from first indication of prepellant flow,
The predicted reduced heat input to the feed system and better
structural characteristics of the low thermal capacity design
using the dual wall manitold concept and its Favorable quick
chilldown characteristics resulted in a decision to employ this
concept in the full-scale injector designs.

In order to seleet the injector element design, the
following injector clement types were analyzed: H-O-H
noncircular orifice triplet (rectangular hydrogen and circular
cxygen orifices), concentric tube, and like doulblet, Fach of
these clement types was consideted  capable ol providing
scceptable performance, chamber wall compatibility. injector
face heat flux, and combustion stability. Elements having low
thermal contact area with the propellants were considered more
desirable. The noncircular triplet and concentric tube eclements
were found 1o be less favorable than the like doublel beoiuse
they resulted in increased heated surface/flow area ratio of the
fuel circuit and hence caused a greater tendency to thermally
choke. The number of congentric tube elements was limited to
15 because of the high injection velocities required and the high
fucl density resulting in a small annulus gap suee (>.007 in),
The predicted Energy Release Efficiency (ERE)* of a 24
clement like-on-dike doublet was determined o be
approximately 1.5 to 2.0% lower (96-07% ERE) than the H-G-H
triplet clement design, but was selected over the tniplet on the
basis of predicted better start transient tendencics, stability.
more  favorable chamber wall compatibility and case of
fabrication.

A major factor in injector face cooling desipn involved the
proper selection of injection patiern that would recirculute
unburned relatively cool propellant near the face. Each of the
clements discussed earlier was configured 1o msure a fuel rich
environment near the injector face. In the hike doublet design,
long oxidizer and shost fuel impingement  lengths were
employed. In addition, @ cooling circuit, which utilizes T of
the fuel was incorporated within the injector design between
the combustion gases and the propellant injection orifice plane
to preclude heat penetration into the orifices and manifolds
during periods of sustained [iring. The deep-cup effect of vach
injector element shown in Figure 6 is the tesult ol placing a
multiple pass cooling circuit between the injection orifizes and
the combustion gases. The strategically located smaller holes are
the face bleed cooling ports. Prediction of the temperature
profile on  the injector face showed that injector  lace
temperatuse at any location should not exceed 35071 under
steadly-stiate firing conditions.

The Cinal configuration of the like doublet injector
duslgned 1o aperate with EI /L0, v Shelement design
shawn in Figore 7, 1t T the following featurens:

@ An adiivdly fueboooied Tae b prechode therigd
penetrstion to the injection orilices and  feed
manitolkls

8 Dual wall, low thermal capacity, low  voiunw
manitolding In Both propellant cireuils o allow rapid
propellant bleed i amd B and thus goosl puising
perlormance.

o Low volume, integral valve seat assemblios 1t are
thermally isolated from the injector body.

@ An injector/chamber interface that forms a cooled
corner  resonator cavity tuned iy d purierwasy
length cavity to suppress the hist tangential wnd [irst
tangential plus first radial mstahty muodes ol 17 and
16 KHe, respectively.

o A central port that accommodates the spark toreh
weniter

The 2deelement likeson-like doublet clement injector face
patterss s configured so that the outer row ol this conliguration
comsiste of 1o fuel pairs oniented 187 o the clumber riadios,
The stiecessive inner rows consisted ol o oxtdizer pans, 8 el
pairts and another 8§ oxidizer pairs all onented 157 1o the
chamber tadius, The ner row ol oxdizer clements was
designed to mix with the centraily located apniter which
produtces a fuel-rich toreh. -

Figure 7 also shows that the 1LO, discharges from the valve
and passes through the thin wall thermal standolt (3,5 in length
af 0.008 in. wall. 0.354 in. dia. 320 stunless steel tube, formed
A i bellows to an effective length of 0.5 in) nto a low volume
tapered toroidal flow distribution manitold. The oxidizer then
passes through 12 equally spaced low  distribution onifices
discha. Ling into a disk shaped. dual-wall plenum, which in turn
supplies propellunt to the 24 oxidizer doublet elements. The
measured propellant volume between the propeliant valve seal
and discharge end of the propellant injection orifices is 0.45 in?
for the oxidizer circuit. Flow from the fuel vilve jocated on the
oppusite side divides and flows through two short thin wall ines
prior to passing through two syimmetrically located thermal
standofls. The fuel discharges directly into the dual wall tuel
manifold from which the 24 doublet Tuel elements and face
cooling circuit are supplied. The measured propellant volume
between the valve seal and discharge end ol the propellant
injection orifices for the fuel circuit is 0.64 in*.

The propellant valves are structurally  attached 1o the
injector through laminated, low thermal  conductivily
glass/phenolic rings, as shown in Figure 8. Each propellant valve
contains a bleed port at the upstrean edge of the seal, whach
permits priming of the valves without passing propeliants
through the injector,

A Tull combustion stability analysis of all
injectorfcombustor combinations was undertaken and the most
likely modes of instability were sdentilied. The first Tongitudinal
mode was not considered troublesome becatise it could casily be
climinated by proper selection of chamber length. The [irst

*Based on JANNAF vaporization, mixing models and combustion models.




radial modes wele

tangentinl and fint ingential plas tiest
comsdered nost lkelY o ocent b potentlilty the mos
destictive 17 and 1o KTz, respectively). The eaetey fevel af
figher modes wis conshdered 1o e small, Helmbwite and 174
wave length Tesunators uned W attentuate th B tanpe il
and first tangential plus first vadial modes were evaluated, A 1/
wave length corner cavity providing an effective arca vaual to
3¢ of the chamber ¢ross section, wis incorporated into the
mjector  design incepiion, inchuding e necessiary

provistons for cooling the cavity.

Irom

Low (requency (chugging snodes) were evaluated by means
of 4 comventional double dead time analysis with an appropriate
range ol assumptions made for vaporization and mixing limes
The pressure drops for each of the above injection element
types were seleeted on the basis of these analyses, The oxidizer
APFP Tor the selected 24 element like doublet injector design
was 027 and tuel AP/P was 0,20, based on a chamber pressure
ot 300 psia and hquid lows at nominal design temperatures.

Thrust Chamber Constderations

Ihere are normaily several thrust chamber couling schemes
ablitsve,  film,

feRenenine or

designs (e
patinal

suxthary engine
codiation,  dump, banerand
combinations of theser, however, the selecton much more
himited Tor a rocket engine that is intended to pulbwe hundreds ol
thousands of  Girngs and sl maintain pood  performance
as exhibit repeatable, sharp o sturl
cooled chamber concepts
hydrogen oxyeen thruster

suitiable  tor

characteristics  as - well
Only  film and  dump
appeared  viable  for  the L/L
application. Regenerative cooled chambers were suled out on
two counts: 13 poor startup and tailoff transients Jue to lanwe
coolant passage volumes, and (2) non-predictable propellant
density within and  discharging trom the hydrogen coolant
Jucket, Ablative cooled chambers were not considered suitahle
because of possibile oxygen attack and linmited life, The results
of the complete thruster thermal and cooling anadyses indicated
it would be very desirable to select o thruster Jdesign/material
combination that could withstand momentary high mixture
ratios without damage to the thrust chamber,

Iransients,

With all of the above evaduations and design considerations
completed tinchuding data from heat sink chamber tests), the
thrust chamber cooling concept selected for the 7L thruster
apphication was a film-harrier cooled design shown m Freure Y.
The one disadvantage of the Blmebarrier cooled chamber o the
performance Tosses with  the  coolant low
requirements, At a nominal MR of 4.5, the chamber is designed
to operate st a nusimum throat temperatue ab 150071 the
cauivalent of 4477 Tuel Ll cooling heing derived fiom the
outer tow of imjector Tuel doublets. However., tor this same
thrust chamber design to survive a short duration 0.1 10 0.3
weconds) of high minture ratio operation (1., 6.5 to T it had
(o be fabricated from a material that could operate al 0007
i the throat and remam wndamaged. To meat this vperating
requirement, columbium atloy FS83 with an oxidatioti-resistant

assogiated

Fused-wilivide coating was selected.

operimental Results

Tenition ests

in ignition feasibility tests using laboratory type igniter

hardware ipnition  delays of Tess than 0.020 sec. were

consistently demonstratud with paseous, twa:phase and figunt
axyEen/gascoris ydropen 1‘Tllg1fllklnlw g1 ety Frnging
from Lt w5207, aiisture Fitfos Tromy oneliplf 1o 1wo tites
the ponitnal vilues, and flow rates down 1o 250 el ddenipn
viluips, Sulmequaing teaitivg providid coltpaiabie data W1 lgund
ydrogen infet temperature down te £47R, Bxeiter power levels
of 10 m) were used for teliable ignition: this power level has
been demonstrated to he compatible with very Jong electtode

lite?

A series of fullscale igniter assembly tests with the unnt
shown in Figure 2 was conducted prior to the initiation ot the
injector/thruster assembly testing, Approsimately 250 hot tests
wete conducted  with  this prototype ignier. Rapid amd
repeatable ignitions were agam demonstrated with this unit over
Live Tollowing range ol test conditions:

134 10 S20°R

44 10 51R°R
230 10 010 pyy B

0, temperature (at valved
H, temperature Gat valve)
Pressure (05 valve)
Pressure (1 valve) 309 10 924 paia

Flow rate 0.04 10 0,125 Ibh/wee

MR (overall) 251075

Ambient pressure Jess than 0.5 psu '
Thardware temp Ja0 1o S30°1

Satisfactory dgnitions wer Jemonstrated with LU /LO; .
GH, /L0, GHG/LOy plus GO, and Gy G0, supplicd to the
valves with spark plug power fevels of 10 md, lpnition was
detected by o orise in the gniter chamber pressure within 020
from the time (uel or oxidizer prossure wits setised i the
igniter manitolds, This was frue for all propellant supply
conditions listed above. Thermocouples lecated i the agniter
throat and exhaust stream were also used 10 verify that ignition
had occurred, laniter durability and couling wias demonstrated
Iy contimuous firings ot up to 10 sev. i pulse trains vonsisting
of twenty (.20 sec. firings in rupidd succession (=2 {1500 sec
petween  firings). Noo cooling problems were cncountered
Typical gniter oscillograph trices and apnition delay tnnes aie
shown in Figure 10 for {a) cold propellants (150°R). warm
hatdware (S40°R, (hy eold propellints ( 15071, cold hardware
CLA0°R). (or warm propellants (530°R). warm hardwire
(530°R), and (d) liquid propellants (497K Hy 1419R Oy and
cold hardware { 260°R).

LIV

Injector Tests
e bbbl

Steadv-State Perlormunce! A series ol 06 hot firings was
made using the like doublet injector/thiuster shown in Figure 8
with heat sink thrust chambers, During these hot finngs, the
following range of test conditions were cos ered:

I'e {psia) Z47-490
MR 3-10
Fuel temp, °R 49 .70
Ox temp, "R 1tatr - 184
[njector boay temp. “R* ol - 530

500 - 600
A76/7.700 sec

Injector Tace. "R*
Duration min/nia se

AL Lire signal

The first start of cach test senes was d short julse (0.100 sec)
which provided data for a warm-manifold dry-start. Lonper




burns (1,000 ta 1000 see) folloaed pmediately amd pgave
dddy-stole  pertormunge and thermal dutn, A subaequence
(.100 secoml pulse provided daty for the delivered puilosnance
and sart charaeterlstios with eold manifolds and @ warm
e Lo tand, e worinn ol gl longest test hiong FAOU see )
wis limited by the thermal copacity of the heat sink thrust
chamber.

The results of the steadystate performuance  tests,
conducted in both 14 and 17 in. L* (5.5 and 7.0 in. lengtin
clambers, are shown in Figure 11 The steady-state thrust Based
encrgy release efficiencies at the design mixture ratio of 4.5
were 919 at 5.5 in. length and 96% at 7.0 in. length, These
results also show the ceffect on performrance of variation in MR:
thruster performance decreased with inereasing MR, These tests
also  showed  that  steadystate  performance  Jevels  were
approached within 0.100 sev of thruster ignition,

The L/L injector/thruster was found to be stable with
quarter wive length corner resengtors tuned to 17,000 Hz. The
injector was bombed with 2 g, RDX charges snd recovered
satlsfaclority fTom 100% overpressure within | msee, Throtiling
to 500 of the design flow was alse demonstrated without
cncountering chugging.

Pulsing Tests: Fignre 12 shows the first checkout pulse
with s L/L ACTS size thruster. The muin valve sequencing was
0.005 sec lead for oxidizer and 0.020 sec for full travel of hoth
valves, The igniter was valved independently frma the main
injector propellant supply and started approximately 10 msec
prior to main propellant valve being energized, The sgniter was
permitted to operate for 60 msec prior to thruster igition in
order to uncouply the sequence of events involved 1y the start
transient and more easily observe {irst, the igniter nition and
then, the thruster ignition, In subsequent tests, the jgniter lead
wits redueed and valve signals varied until the 0.075 see (sipnal
to D05 thyust) response goul was demonstrited, Compirisan ol
his and subseguent pulses with the predictions and engine
simulation showed the transient analyses to be guile gecurate,
Of the 0.075 sec response demonstrated, 0.058 e was
sssociuted with respotise ime of U mgn pilol valve solenoid
and 0.025 see with valve travel, ignition and thrust rise. Thrust
rise, O to 90%, was accomplished in less than 0.010 see whena
slight oxidizer lead (0.003 to 0.005 see) was employed. Thrust
pise rates (signal to 90% thrust) with simultaneous tlow or Tuel
leads were in the order of 0.010 to 0.020 sec. FFigure 13 shows
clectrical signals and resulting sequence of events for the
minimum  pulse width  demonstrated. The resultant valve
position, igniter chamber pressure, thruster chamber pressure
and thrust traces for § successive thruster pulses are wlso shown
in Forure 130 The measured impulse (hrust-time intepral) for
cach of these five, 76 msee electrical pulse width (1PWY pulses
wis 51.8 & 1.5 lbescc. A series of slightly longer pulses (105
EPW) and varying off times is shown in Figure 14 From this
figure, it can be seen that excellent pulse repeatability can also
he obtained Tor several pulsing off times (1.6 to 5.0 see),

Using a data sample of 20 pulses, a plat of tatal impulse vs,
clectrical pulse width, Figure 15, shows good linearity tor the
L/L thruster design when operated down to electrical pulse
widths of 0.075 seconds. The variation in anpulse (IbF-seo) was
approximately £ 3% for the entire test range shown, Pulses in
which the injector was warm and unprimed and subsequent
pulses in which the injector was cold and unprimed provided
nearly the same tolal impulse values.

[

The effeet of snecessive peductions n fieing durations on
the thruster pesformuney b shawn fn Vlpire P Data toy these
A1 theuster fings of 250 and 500 i are Dased on Ui ntegrals
ol messired thrust and fotal peopelliont aws, e luding those
of the priming startlup atdd shdown transienis, ach daty poimt
compares the full pulse specitic mnpulse o that which could e
attained at the same propellant supply pressures after all
transicit effects were damped (e, 9 of steady-state L b These
data thus represent e loas in performance due o vilvy
sequencing, mixtare ratio shifts fresulting from Teed systein
Now oscillations Mrom the valve openingswnanileld priming
and blowdown losses. The cupve drawn tarough the upper himity
of the data correspond to the loss prediciions for the feed
system oscillations and dribble muass losses. The remaining data
scatter corresponds te thermal and priming shilts for s Jdiy
starts and cold restarts, Relative Tosses were (e same ot
chamber pressures ol both 250 and 500 psia,

Thermal  Resuliss Theaster/injector hot liring  test
durations ranged Trom 0050 sec to 7900 see. AlL thuster
components were instrumented dunng these tests to determing
the masimum  temperatures amd - tine reguired o aclieve
sleadyastate thermal condibons. Temperidure measutements
indicated thit the mjector face wis operiting below 25071 and
reached thermal cauihibiim it approsimately 1 5 sev Fhere
wits no evideirer of heat soak problems arnjector cotponent
overheating ol any kind during the o6 lhost test [Fngs.

The adiahativ wall lemperatures, computed Trom the
measureient of Lransien? temperatures on wall surlaces made
on the heat sink  copper chumbers  were found 1o be
approximately 15007F the throat Yor nominal operating

conditions,

The significanee ol these wst restltsy s Uil the ouler row
of fuel elements of the fike donblet ngector awse by wee
praviding sufficient coaling te peroul e use ol simple
lightweight 40:1 film-baerier covld  Chamber e hat Bo
further couling woukl be requitesd, The slesign posst tax i
wall temperatuge (MR =5, P, = 500 pind ol PAOO"E iy
sufficiently  conservative  that stat-of o the-urt  colimbium
materials with fused silicide coatings should provide muny lrowers
and himdreds of thousmds of pubses o hauster operation Paised
on design predictions. The wide desipe mirging the liinber
design should also allow sigmificant isture vatio shilts Lo be
tolerated Tor sustained Cring and even tull fuel vapor restricted
for shott penods using the heat sink capacity of the chamber.

Injector lace temperature variation from intal comdition
to mmning temperature was found to be only 150710 by
conducting @ seres of hot restart desis, The lirmp seguences
conduered consisted ot a short pulse (0] secda longe burm (2.0
sec) and g repeated short pulse.

Thermal soakback data, te determine the therma input 1o
the propellant feed system by the thruster assembly, were not
tuken during these tests, Lstimates ol heat scakback based on
injector and valve body temperature rises were nude, however,
and the original estimate of less than 2 BTU/hr/thruster

assembly still appears to he reasonable value.

Ot il T S, PN b i b oSS EE  e R L




Concluding Remurks

The experimental data acquired 10 date have demonstrated
the faacibitity of malsing o Soid Ledropen/tiguid  oeveen
shruster over the thrust and chamber pressure ranges of 623 1o
1250 IbF and 250 to 500 psia, respectively. The L/L concept
now appesrs to be a viable candidate for advanced spacecraft
(c.g.. Space Shuttle or 3pace Tug systems) whete high
performance and the development of advanced concepts is
warranted.

The injector/thruster concept demonstrated under the
subject technology program exhibited 0.075 sec response
from start signal to 90% thrust, does not require prechilling
prior to firing, is thermatly isolated from the valve and does not
appear to exceed the permissible heat leak into the vehicle
propellant feed system established by the initial vehicle
studies! 3. The experimental data also show that ignition with
low temperature propellants is rapid and repeatable and that bit
impulse s repeatable within =3% at 50-1b-sec levels. The
deliverable vacuum specific impulse of a 17 in L¥, 40:1 area
ratio nozzle, barrier cooled chamber is predicted to be 427
Ib-sece/lb for a complete liquid/liquid thruster asserubly when
wen evel injector test data are extrapolated to the 40:1 nozele
vacuum conditions, This 427 1, performance prediction s
hased on 1 96% ERE demonstrated by the LiL 24 element
injector in sca level hot finngs in a 17 L* chamber. However,
auxiliary propulsion system performance with L/L thrusters is
predicted  to be considerably  higher  than the system
performance with either a gas/gas or gas/liquid thruster system
where “propellant conditioning™ is required?.

Further activities inn the optimization of the liquid/liquid
injector pattern would probably result in a 1 to 2%
improvement i delivered performance. The combination of
injector pattern, element type and L* could possibly be

changed to achieve higher performance.

All analysis and design  activity associated with this
technology program was directed, from the beginning, toward
establishing the [easibility of a pulsing liquid hydrogen/fliquid
oxygen injector/thruster. The L/L thruster hardware designed
and tested was not an optimized *“fixed point™ design (i.e.. for a
single chamber pressure) but was a “laboratory tool” designed
to acquire experimental data over a wide range of operating
conditions. Therefore, conservatism was employed in most areas
of the hardware design selections. Now that feasibility has been
demonstrated, refinement and further design iterations would
very likely result in an improved performance level. Also faster
respense times could be obtained if better propellant valving
were developed.

Furiher experimentation under the subject contract will
include altitude testing of the complete cooled thruster
assembly, Additional technology work should be undertaken
which would include the following steps to fully demonstrate
the technology for a flight-type L/L thruster and a L/L H,-0,
ACPS:

(1} Turther optimization of the duai wall manifolding
concept.

{2) Design/development of a lighter weight injector
assembly inciuding flightweight valves.

(3) Durability testing of the fightweight design.
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TABLL ©

L/ THRUSTER DFSIGN AND OPERATING CONDITEINS

Nominal Experimental
Conditions Operating Range
Thrust: 1250 Ibl -
Chamber Pressure: SO0 psia 250 - 754 puia
Ovarall Mixture Ratio (O/F): 4.5 3590
Nozzie Expansion Ratio: 40:1
Characteristic Chamber Length: o 14 17
Propellant [nlet Conditiass:
H, Temperatuse: 15°R 3R 1y R
Q, Temperature: 150" R TOHY IR to 200 R
H, Pressure: 625 psia A required 5
e
0, Pressure: 625 psia As required a
Specific impulse Goal:
Steady-state 435 {hb-sec/ IbM
Pulsing 400 1bF-sec/tbM
Response:
0 to 90% Thrust (fron: electrical signal) 75 milliseconds
Minimum Impulse Bit (MIB) 50 - 75 IbF-sec (goal)
ELECTRIC
MOTOR DRIVE -

K\\f OXIDIZER VALVE
LN 1/ SPARK [GHITION

2N 2 (CMIER /2 - 0X TORCH MR 0 80
<ﬁ\\u\\ \/4' A \P\uulcmn / ;/r i
LIQUID OXYGEN !L\’S LSU?RUS?ER s sl (\ PN "/ 3 aoomon wR -
ACCUMULATOR ; SUPPLY —— - TR '/ |16z 3 STAuEs 0w
—— % i_.w“"
LIQUID HYDROGEN D j ﬁfvﬂ@ BT 2
ACCUMULATOR SPARK PLUG-* L 0T UL COOLNG TIRUUIT
A8 N
FUEL VALYL == \,‘::e\ oS | {»__ri.\mﬂ
> 10t W
.\)' 4 'I. ,Hur—-" i
i%%gl%mv;‘ 'Q"‘\/ X PEISARY 1G5 TTON
Figure 1, - Liquid hydrogen/liquid oxygen APS schematic. Fiqure 2. - Staged lorch igniter.
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Figure 3. - Igniter llow characteristics versus propellant temperatures,
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Figure 7. - LHy-L10, injector 2ssembly.
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